lASE. DATK 


Copy No. 


n = 


4 id47 




RM No. LYDlla 




RESEARCH MEMORANDUM 


PERFORMANCE OF COMPRESSOR BLADE CASCADES 
AT HIGH MACH NUMBERS 
By Seymour M. Bogdonoff 


Langley Memorial Aeronautical Laboratory 
Langley Field, Va. 

OASSinCATlON CANCELLI 


The status of RM LVDlla was changed to 
”,AC' 'ITE by an NACA. Hdqtrs. letter to 
Langley, 9-23-49, C.H. Helms, TTN/ds. 


Kr., Aeron. RescsttR 
NACA 

Sw.ZZ/4^ 

V. 







>* 


a-HM— K mU) .haMa- -a. hjlwWll 




l1 



NATIONAL ADVISORY 

FOR AERONAUTICS 

WASHINGTON 

June 12, 1947 



fJ-E-COPY 

rned to 

lild.i OF liu National 
Ad«t?wy Uommitoe 
for A:)roi,autlcs 
W<u>ni(>Aiofi, 0. C. 


D 





NACA EM Wo . L7Dlla 


NATIOHAL ADVISORf COMMITTEE FOR AERONAUTICS 

RESEARCH MEMORAWHJM 

PERFORMANCE OF COMPRESSOR BLADE CASCADES 
AT HIGH MACH NUMBERS 
By Seymour M, Bogdonoff 


SUMMAEI 

Three lO^percentr-thick and two 6-percent-thick blower blades 
were investigated in a high Mach number two-dimensional cascade 
tunnel in. several configurations for a range of Mach number. 

Psressure distributions, schliefen photographs, turning angles, and 
pressure rises were obtained to evaluate the effects of Mach n;amber 
on the basic cascade and compressor design parameters* 

The turning angles and design angles of attack found from 
low— speed cascade studies may be used directly in high-speed designs 
siiu:e no significant changes were found to occur at high Mach 
numbers. 

The Meu:h numbers for critical speed are 4 to 5 percent greater 
than that predicted by the von Kamnan-Tslen extrapolation applied 
to the low-speed pressure distribution. The Mach numbers for 
f03?ce break are l6 percent higher than the predicted critical 
Mach number for a solidity of 1.5 and 13 percent hi^er for a 
solidity of 1,0, 

The extrapolation of low— speed rotor tests to a compressor steige 
operating below the- Mach. number for force break with an. efficiency of 
90 percent indicates that pressure ratios of the order of .1.4 per 
stage should be obtainable . 

Significant increases in compressor perfonrance cem be made by 
the use of 6— percen-b-thick tip sections since their limiting Meu;h 
number is 3 to 4 percent greater than that of the 10-percent-thick 
blades* 

INTRODUCTION 


In an effort to Increase the pressure rise and efficiency which 
can be obtained with eucial— flow con^jressora, the National Advisory 
Committee for Aeronautics is conducting an investigation to develop 
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highr-perfomance canpressor blades . . The first phase of this investi- 
gation, which was conducted at the. Langley Memoilal Aeronautical 
Laboratory, is a study of blade sections in a low-speed two- 
dimensional cascade tunnel and is ^ven in references! and 2 . This 
work was extended to low- speed tests of rotating blades with very high 
loadings which were also conducted at .the Langley Laboratory (refer- 
ence 3) • The results have shown that, the. cascade data can be used to 
design highly loaded I'otating blades vd;th v&ry hi^ efficiencies. 

The present paper extends the low— speed cascade studies to the 
hi^ Mach numbers at which modem axial— flow compressors need to 
operate. It also presents the limiting Mach numbers at which large 
losses make compressor operation impracticable. The effects of 
compressibility are evaluated for the basic design parameters of 
references 1 to 3 ; namely, turning angle, s^pe of the pressure 
distribution, and design angle of attack. The investigation was made 
in a high Mach number two-dimensional cascade tunnel at the Langley 
Laboratory. 

SYMB0I5 


a velocity of sotmd, feet per second 

Cp. specific heat of air at constant pressure, foot-poiuids . 
per slug per • • 

M ^fech number entering the case 

LZ2 

ii ' 

Per pressure coefficient for sonic velocity at given entering 
Mach number 

p static pressure, pounds per square foot 

q dynamic pressure, ipounds per square foot 

T tempemture, absolute 

U rotational speed of rotor element, feet per second 

W velocity relative to rotor and to cascade simulating rotor, 
feet per second 

a angle of attack, degrees (aj^le between entering air and 
chord line of blade) 


pressure coefficient 




ide (Wq/ai) 

O': v. : - 
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^ ..stagger. angle, degrees (angle between perpendicular to 
cascade £ind entering air) 

7 -ratio of specific heats of air 

(T solidity (chord of blade divided by gap between blades; 
.. see fig. 3) - 

6 angle through which air is turned by blades, degrees 


Subscripts: 

1 ahead of cascade or retor. 

2 behind cascade or rotor 


d desl^ conditions 
I local 


APPAEATUS 

High Mach Number Cascade funnel 


The two-Hiimensioiial cascade tunnel, used in the present investi- 
gation is shown schematically in figure 1. The tunnel is similar to 
that used in references 1 'and '2- except that, because of the. large powers 
re.quired, no control of the wall bduiidary l^er ahead, of the cascade 
was attempted. • In addition,' the yidth of the teat section was only 
4 Inches. The tunnel was d^Yen by compressed air from a large 
tank at pjyessures from 60 to 300 pounds per sq^uare inch* The air • 
flowed past a motorized contrel valve to the settling chamber; thrdu^ 
three sets of 40-mesh screexxa, the cphyerging entrance section, and 
the test cascade; and to the atmosphero. Static— pressure orifices ! 
were installed in the settling chamber and along a line I/3 chord 
ahead. of: the cascade. From l/2 chord ahead of the blades to apprexi- 
mately 1/4 chord behind the blades the top, and bottom walls consisted 
:Of adjustable flexible plates. The angle of attack of the blades 
could he varied, -but changes in stagger and solidity necessitated " 
a complete change of tunnel walls. Walls were provided for the 
following test conditions; ^ = 45°, c = 1,5; p = 60°, a = 1.5* 
and p = 60°, a = 1.0. 
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Description of Blades 


The blades tested consisted of three lO-percent-thick blades, 
the same as those of references 1 and ^ and two 6-percent-tliick blades 
derived from NACA 65,2-006 airfoils with the trailing edge thickened 
as in reference 1. The thick sections were cambered for free-air 
lift coefficients of 0»8, 1»2, and 1«8] the thin section, for lift 
coefficients of 0.8 and 1.2, For the pressure-distribution tests, 
the test cascade consisted of four solid blades and a master blade 
provided with pressure orifices. For the schlieren studies, the 
master blade was replaced by a fifth solid blade. The blades have 
a 4-inch span. and a 5r-inch chord. Ordinates for these blade sections 
are given in tables 1 to 5 and cross sections are shown in figure 2. 


Schlieren Setup 

/ 

The schlieren system used to photograph the high-speed flow 
through the cascade consisted of a high-intensity spark, two l6-inch 
parabolic mirrors of 90-inch focal length, and associated equipment. 
The knife edge of the schlieren system was set parallel to the 
stagger line for all tests. Two or three of the set of five blades 

were mounted between ^ -inch glass plates (measuring approximately 

5 by 7 inches) which replaced sections of the tunnel walls. The 
blades were held in place by short pins fitted into holes drilled in 
the glass. 


TESTING MEXraODS 


The blades were installed in the cascade tunnel at the desired 
conditions of stagger, solidity, and angle of attack with the pressure 
blade in the center of the cascade (fig. 1). At a Mach number of 
approximately 0i2, the flexible Walls were adjusted \mtil the static 
pressure ahead of the cascade was unifoim. The speed was then rtised 
until further increases showed no increase in the static-pressure 
rise across the cascade. At intervals during this process, photo- 
graphs of a mercury manometer were taken to record the settling - 
chamber pressure, static pressures ahead of the blades, pressures on 
the blade surface, and atmospheric pressure. This procedure was 
rtpeated for the five blade sections at the various conditions of 
stagger, solidity, and angle of attack. Schlieren photographs were 
then 'taken at speeds from below the critical speed to above the speed 
for m«Yitmitii pressure rise for the various test conditions. Photographs 
of the mercury manometer were taken simultaneously with the schlieren 
photographs to record the chamber pressure, static pressure ahead of 
the blades, and atmospheric pressure. 
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The variation of turning angle with Mach number was first 
obtained by making yaw surveys behind the airfoils with a claw- type 
yaw tube.. Photographs of a, tuft in the, air .stream behind the blade 
and the use of a veriiier .protractor to measure the angles were found 
to give results which agreed with results obtained with. the yaw tube 
to within tl*^ . All other yaw surveys were then made by. use of a 
tuft because of the ease in making these measurements . 


PRESENTATION OF DATA AND DISCUSSION 

■The data presented herein are based on entrance' conditions 
ihste>ad of mean conditions as in references 1 and 2. This base was 
chosen primarily to simplify the use of the data and to permit direct 
application to high-speed.-compressor design for which the blade 
entrance conditions are usually known or fixed. The tests cover 
a range of Mach number from approximately O..3O to 0.95 corre- 
sponding Reynolds numbers, based on the blade chord, of 700,000 

to 1,800,060. 

The entrance Mach number was calculated from the pressures 
measured by . the static -pressure orifices in the settling chamber and 
ediead of the cascade. Stagnation temperature was assumed to be room 
. t®oip®i’8-ture (,520°: F absolute) since the deviations from this value 
•were not significant. The inflection in the pressure -ratio curve 
is . designated force break and corresponds to blade stail. 

As the Mach number entering the cascade increased,, the pressure 
ratio ' across the cascade, and therefore tih® density ratio, alsO' 
increased. From the continuity. relations, , the exiting axial velocity 
component would be .expected tp^ be smaller than, entering axial velocity 
since the axial -flew ar.ea is constant. For this particular test 
setup, however, the: boundary layers on the walls were found to modify 
the exit area so that,. the axial velocity entering and leaving the 
cascade was the same for all tests (fig. 3) • . T^^e results presented 
are,:, therefore, directly applicable only to the. case of blading with 
constant axial velocity' and not to. blading with constant axial -flow 
area. 


Pressure-Distribution Measurements • 

; in figures 4 to 30» the, pressure distributions over . the central 
airfoil of the cascade are ■ presented for a range of Mach number. 

The pressures are plotted in the form of pressure coefficients P 
and the critical pressure coefficient (pressure coefficient at which 
sonic velocity is reached at that stream Mach number) is noted on . 
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each plot. The low-apeed pressure distributions are very similar to 
those of reference 1, and in figure 5 the preaaixre distribution from 
reference ! is included for comparison. The blov/er blades show 
characteristics, very similar to those of the isolated airfoil as the 
Mach number varies '. . *ny pressure peaks, on the top or bottom surfaces 
increase rapidly as. the Mach number increases. Shortly after the 
critical pressure coefficient is exceeded on the airfoil;, a break in 
the pressure-coeffi.'cient curve at that point is noticeable as the 
supersonic velocities retum to subsonic velocities throug^h. a 
shock wave . 

For angles below the design angle (the angle at which the 
pressure distribution is essentially uniform or without peaks, 
reference 1), the pressure peak on the lower suzrface usually is the 
first part of the blade to reach critical speed, but no stalling is 
noticeable. (See figs. J , 10, 11, and 23.) This angle would seem to 
be a good operating condition, but data presented in the section of 
the present paper entitled "Schlieren Photographs " show that large 
losses occvir shortly after the critical' speed Is reached* These 
losses are caused by the strong shock waves which extend completely 
across the blade passage . 

Blade stall is defined as the condition at- which no pressure is 
recovered over the rear part of the airfoil upper s-urface and which 
Indicates separation; This .stalling is indicated by a flat region 
on the pressure -distribution curves and a point of inflection on the 
pressure-ratio curve discussed in the section entitled "Pressure 
Patio across, tbe Cascade." For high angles of attack, at which a 
pressure peak occurs on the upper surface, the- blade stall may be 
divided into two categories: blades, which are loaded very highly 

stall because of the increase in Mach number even before critical 
speed is reached (figs . '9, 17, I8, I9, 22, 28, 29, and 30), and 
blades loaded more moderately, stall at or slightly above, the critical 
Speed. . From these pressure distribxitions;, it is obvious that the 
least losses at very high i-Iach. numbers will be obtained with a 
uniform-load pressure distribution! that is, one with no velocity 
peaks on either the upper or lower surface-. This conclusion is 
verified by a study of the pressure distribution at or near the 
design angle of attack .(table 6) at which there appears to be no 
stalling until Mach numbers from 0 .Q5. to 0.10 above the critical 
speed have been reached. ’ 

It is interesting to note that the occurrence of a shock on the 
lower surface where the boimdary layer is very thin is noticeable on 
the pressure distribution as a sharp break. On the top surface, 
•however, where the boundary layers are thick, the pressure rise 
across the shock is- distributed over a noticeable length of the 
blade sirrf ace . 
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Schlleren Photographs . 

In figures 3 I to 50> schlleren photographs of the flow through . 
the cascade are shown, A complete study was made for a stagger of 
1 * 5 *^ and a solidity of l, 5 j and a few photographs were taken, at the 
other conditions to show any changes which might exist. The hlack 
dots near the rear of the blades are the holes drilled in the glass, 
to provide a means of changing the angle of attack. The thick blade 
boundary layer which is noticed in the first photographs actually, 
occurs only at the blade-wall intersection, A study of the pressure 
distributions shows no stalllrig at these Mach numbers. An Increase 
in speed above the critical speed is immediately noticeable because 
very small shocks appear on the airfoil. As the Mach number is 
further increased^ the shock waves grow much stronger until finally 
the flow behind these waves separatee from the airfoil. As the blade 
angle of attack is varied, noticeable changes in these shock patterns 
are seen. 

In figure 3i# in which the angle of attack is much less theui the 
design angle, small shock waves are first noticeable Just behind the 
50-percent-chord station on the top surface. As soon as the Mach 
number is increased to the point at whioh the waves extend entirely 
across the passage between the blades ^ separation is noticeable 
any additional increase in chamber pressure causes increased shock 
strength' and separation. Once sonic velocities extend entirely across 
the passage, an increase in Mach number is not possible,; A few 
schlleren tests show an apparent increase in Mach number above this 
point, probably due to flow around the ends of the cascade which are 
not yet choked. Photographs which show such. a phenomenon are there- 
fore noted with a question mark. At an angle of attack close to the 
design angle (fig, 32 ), the shock waves appear farther forward on the 
airfoil and separation is not apparent until a Mach number of approxi- 
mately 0,03 above the previous case is reached (table 6 ), If the 
angle of attack is increased further, the peak pressures move closer 
to the nose and the separation caused by the shock waves (fig, 33 ) 
starts at approximately the same Mach "number as in the first case. 

At still higher angles of attack (fig, 3^) separation occurs at a 
much lower Mach number. In this case, the shock waves never are 
confined by the blades but extend out into the stream, the wave' from 
one airfoil becoming the bow-wave of the neighboring airfoil. These 
phenomena are repeated in the schlleren photographs for the other 
configurations with only slight variations in the shock-wave structure,. 


Turning Angle 

For the 6 -percent-thick sections, turning angles obtained from 
the tuft surveys at low Mach numbers- have been included in table 6 , 
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since no such data were avallahle from previous low-speed cascade 
investigations. The variation of turning angle with Mach number is 
shown for tvro cases in fi^re 51* The first curve (NACA 65-(l2)06 
blower blade, 3 = 45°, and a - 1,5) shows a typical variation; the 
second curve (NACA 65-( 12)10 blower blade, 'p - 60°, and o = l.O) 
shows the maximijm variation which was obtained (1°),. These results 
were obtained by photographing a tuft placed in the air. leaving the 
cascade. For both configurations, a sligdit increase in the turning 
angle with Mach number occurs up to the force break, above which there 
is an abrupt drop. Turning angles were obtained for all the other 
blade sections and configurations for the range of Mach number 
Investigated, In all cases, from. Mach numbers of 0,^0 to force 
break, the increase in turning angle was less than 1°, The turning 
angles predicted from the , low-speed cascade studies of references 1 and 2 
are, therefore, sufficiently, eu3 curate, for the design of hi^— speed 
blades. 


Pressure Eatio across the. Cascade 

In reference 1, it was shown that the incompressible theoretical 
static— pressure rise across the cascade could be expressed as a 
function of the turning and stagger angles of the cascade. The 
corresponding static -pressure-rise expression for high Mach numbers 
can be derived. From Bernoulli’s equation of ccaapressible flows 
(see vector diagram, fig, 3) 

W2^ 

or 


T2 - ^2 

T^ " 2CpTi 


+ 1 


Since the velocity of sound of the entering flow is 


ai = \/(r - l)CpTi 

and the entering Mach number is 
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the tempera tiire ratio across the cascade is 



The velocity ratio Wg/W^ can be expressed as 

... Wo cos 3 . 

cos (3 - 0) 

if it is assumed that the axial velocity is constant through the 
cascade . If it is further assumed that no losses occur, the 
isentropic relationship of temperatui’e and pressures may be used to 
obtain the following relation for the theoretical static -pressure 
rise across the cascade : , 
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In figures 52 to 62, curves of the variation of measured static- 
pressiire ratio with Mach number, are presented for the angle of attack 
closest to the design point of the blade for each test condition. 
Included on each figure is tlie theoretical curve obtained from 
eq^uation (1) with the use of the turning angles predicted from 
references 1 and 2 for the 10 -percent -thick sections and angles 
measured at low Ifech numbers, for the 6-percent-thick sections • 
Measured values of pressure ratio should not be used in the calcula- 
tion of compressor-blade... performance since these values include the 
losses due to the boundary layer on the walls and are very susceptible 
to settings of the flexible floors. The cuires, however, give a 
good indication of where the blade losses start to increase sharply 
(a reversal in curve direction) . An examination of these curves 
shows that no significant change in blade losses occurs until the 
critical speed has been exceeded by approximately 12 percent to 
16 percent. Once force break occurs, further increases in Mach 
number yield little or no increases in pressure rise, the added 
power being dissipated in shock-wave losses and severe separation. 


Critical Speed and Force Break 

The Mach numbers for critical speed and force break are 
svunmarized in table 6 . For the blades which were tested at more 
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than three angles of attack, the variation of Mach number for 
critical speed and force "break with angle of attack are shown in 
figures 63 to 69 * These curves show that the design point chosen 
from the low-speed cascade tests of references 1 and 2 correspond 
very closely to the high-speed desiga point . The design points 
fall very close to the maximum Mach number for critical speed and 
force "break. From the pressure distributions and pressure-ratio 
curves, it appears that critical speed, in itself, is not an 
important parameter since no change in performance is noticeable 
until force break occurs . 

Several theories exist which. predict the critical speed of 
isolated airfoils from the low-speed pressure distributions, but 
no such theory is yet available for blades in cascade.. .In the 
absence of any theory, '.the experimental results were compared with 
those which wouia be obtained if the von Karm^-Tsien extrapolation 
were applied to the lovr-apeed pressure distribution of the blade 
in cascade based on entrance velocity. The Critical Mach number 
predicted by this method ms consistently 4 to 5 percent below the 
measured value for all the 10-percent-thick blades tested. Since 
no low-speed testa of the 6-percent -thick blower blades are yet 
available, the data on these blades, are simply presented and no 
attempt at analysis la made. It appears, however, that the decrease 
. in airfoil thickness from 10 percent to o percent allows an increase 
in Mach number of about ' 3 to 4 percent for both critical speed and 
force .break . 

The Mach numbers for force. break are approximately I6 percent 
higher' than. the critical' Mach number predicted' by von Karmen and 
..Tsien'. for: the tests at a.- solidity of,l'.5 approximately I3. per- 
cent higher for tests at a 8plidi"fcy of 1*6'. 'These empirical relati ms 
were applied' to" the pressure distrihutions of reference .1 to. obtain 
the Mach hiiniber for critical' speed and force break for. all the 
sectioiis tes-ted . -The results are presented "With the design 'turning 
angle, of . the blade section in; figure JO- For any desired turning 
euigle, stagger, and solidity, , the blade section and angle of attack 
can be. ..obtained from the design char'ts of references 1 and 2, Fig- 
ure 70 then may be used to predict both the Mach- number for critical 
speed. and force break. • These results are directly applicable .pnly to 
K..iCA..65-36ries blower blades in. the Reynolds number range tested. 
Extensive German tests-, (reference have shovm "chat changes iii 
Reynolds number greater than lp0,000 have small ' effect on the 
efficiencies and pressure rise. It seems likely, therefore, that 
the results presented herein are applicable to bla.des in the whole 
Reynplds number range above ip0,000. The -extrapolation of the low- 
speed rotpr tests of reference 3 to a compressor stage operating 
below the Mach number. for force break with an efficiency of 90 percent 
indicates that pressui'’e ratios of the order of 1. 4- per stage should 
be ob'bainable . 
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It is recommended that further research he carried out to 
cover the raiige of Reynolds number helow 150,000 and to check the 
valvies of Mach number for force hrealc in hi^-speed rotor teats 


CONCLUSIONS 


From the investigation of NACA 65-series blower blades in a 
high Mach numiber two-dimensional cascade tunnel, the following 
conclusions have been reached: 

' 1 . The turning angles and design angles of attack found from 

low-speed cascade studies may b^ used directly in hi^-speed designs 
since no significant changes were foiuid at high Mach numbers . 

2 . The Mach numbers for critical speed are 4 to 5 percent 
greater than that predicted by the von Karm^-Tsien extrapolation 
applied to the low-speed pressure distribution. The Mach" numbers 
for force break are I6 percent higher than the predicted critical 
Mach number for a solidity of 1 .5 and I3 percent higher for a 
solidity of 1 .0 - 

3 • The extrapolation of low-speed, rotor tests to a compressor 
stage operating below the Mach number for force break with an 
efficiency of 90 percent indicates that pressure ratios of the 
order of 1 .4 per stage should be obtainable . 

4 . Significant increases in con^jressor performance can be 
made by the use of 6 -percent-thick tip sections since their 
allowable oijerating Mach number is 3 to 4 percent greater than the 
10 -percent -thick blades . 


Langley Memorial Aeronautical Laboratory 

National Advisory Committee for Aeronautics 
Langley Field, Va. 
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TABIE I.- ORDINATES FOR BACA 65-810 BLOWER BLADE 
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TABLE II.- OEDINATES POE NACA 65 - 3 o 6 BLOWER BIADE 


1 

1 Upper surface 

' 

Lower surface 

X 

y 

■ 

X i 

y 

(percent chord) 

(percent chord) 

(percent cfcord) 

(percent chord) 

0 

0 

• 

0 

0 

. ik 8 

.652 

.652 j 

-.252 

.579 i 

.829 

.921 

-.269 

1.057 1 

1.121 

1.443 

-.265 

2.282 

1.679 

2.718 

-.191 • 

k .731 

2.559 

5.243 

-.031 

7 . 2^^7 

3.276 

7.753 

.116 

9.745 

3.889 

10.255 

.247 

i 14.756 

4.899 

15.244 

.485 

• 19.779 

5.686 

20,221 

.682 

24.809 

6.308 

25.191 

.852 

29.644 

6.781 

30.156 

.995 

34.882 

7.123 

35.118 

1.117 

39.921 

7.341 

40.079 

1.227 

44.961 

7.431 ; 

45.039 

1.329 

50.000 

.7.387 

50.000 

1.437 

55.036 

7.204 i 

54 . 964 

1.556 

60.067 

6.891 1 

59.933 j 

1.677 

65.092 

6.462 

64,908 ' 

1.778 

70.110 

5.925 

69.890 

1.851 

75.119 

5.283 i 

74.881 

1.877 

.80.119 

4.532 i 

79.881 

1.836 

85.109 

3.679 

84.891 

1.705 

90.089 

2.707 

89.911 

1.429 

95.062 

1.596 

94,938 

.932 

100.048 

.142 

• 99.952 

-.142 

j 

L.E, radius: O.256 percent chord 
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TABLE III.- ORDINATES FOR NACA 65(12)10 BLOWER BLADE 


Upper surface 

Lower surface 


y 

! 

X 

y 

(percent chord) 

(percent chord) 

(percent chord) 

(percent chord) 

"c 

0 

0 

0 

.161 

.971 

.8^9 

-.371 

. 37 ^ 

1.227 

1.126 

-.387 


1.679 

1.683 

-.395 

1.981 * 

2.599 

3.019 

-.367 

4.399 

4.035 

■ 5.601 

-.243 

. 6.868 

5.178 

8.132 

-.090 

9.361 

6.147 

10. 6?9 

.057 

.14.388 

7.734 

' 15.612 

.342 

19.477 

8.958 

20.553 

.594 

24.523 

9.915 

25.477 

.825 

29.611 

10.640 

30.389 

1.024 

34.706 

11.153 

. 35.294 

1.207 

39.804 

11.479 

40.196 

. 1.373 

44.904 

11.598 

45.096 

1.542 

50.000 

11.488 

50.000 

1.748 

.55.087 

11.139 

54.913 

2.001 

60.161 

10.574 

59.839 

2.278 

65.214 

9.801 

64.786 

2.559 

70.245 

8.860 ' 

69.755 

2.804 

75.256 

7.808 

74.744 

2.932 

80.242 

6.607 

79.758 

2.945 

85.204 

5.272 

84.796 

2.804 

j 90.154 

3.835 

89.846 

2.369 

i 95.096 

2.237 

94.904 1 

1.555 

! 100.068 

i 

i 

.134 

99.932 

-.134 


L.E. radius: 0.666 percent chord 
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TABLE IV.- ORDINATES FOR NACA 65-(l2)06 BLOWER BLADE 


: i 

1 Upper surface j 

Lower surface 

I ^ 

y 

X 

y 

(percent chord) 

(percent chord) 

(percent chord) 

(percent chord) 

i ° 

0 

0 

0 

! .285 

.726 

.715 

-.126 

' .507 

.941 

.993 i 

-.101 

.973 

1.306 

• 1.527 

-.022 

i 2.183 

2.022 

2.817 

.210 

! 4.643 

3.165 

5.357 

.627 

j 7.127 

4.100 

7.873 

.988 

1 9.622 

4.902 

10.378 

1.302 

! 14.637 

6.228 

15.363 

1.848 

19.670 

7 .266 

20.330 

2.286 

24.715 

8.090 

25.285 

2.650 

29.766 

8.720 

30.234 

2.944 

34.823 

9.180 

35.177 

3.180 

39.882 

9.482 

40.118 

3.370 

44.942 

9.620 

45.058 

3.520 

50.000 

9.593 

50.000 

3.643 

55.054 

9.343 

54.946 

3.747 

60.101 

9.032 

59.899 

3.820 

i 65.138 

8.520 

64.862 

3.840 

70.165 

7. 865 

69.835 

' 3.799 

75.178 

7.058 

74.822 

3.672 

80.178 

6.117 

79.822 

3.1^35 

85.162 

5.018 

84.838 

3.058 

90.132 

3.733 

89.868 

2.471 

95.091 

2.221 

94.909 

1.571 

100.068 

.134 

99.932 

-.134 


L.E. radius: ' 

0.256 percent chord 
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TABLE V.- ORDINATES FOR NACA 65-(l8)lO BLOWER BLADE 


Upper surface 

— 1 

Lower surface 

X 

.V 

X 

• f 

y 

(percent chord) 

(percent chord) 

(percent chord) 

(percent chord) 

0 

0 

0 

0 

.046 

1.049 

.954 

-.149 

.240 

1.359 

1.260 

-.099 

.654 

1.916 

1.846 

.010 

1.770 

3.065 

3.230 

.283 

4.137 

4.891 

5.863 

.797 

6.583 

6.365 

8.417 

1.267 

9.066 

7.620 

10.934 

1.686 

14.097 

9.692 

15.903 

2.422 

19.179 

11.301 

20.821 

3.027 

24.289 

12.569 

25.711 

3.541 

. 29.419 

13.537 

30.581 

3.959 

34.560 

14.233 

35.440 

4.307 

39.707 

14.688 

40.293 

4.590 

44.856 

14.882 

45.144 

4.828 

50.000 

14.797 

14.423 

50.000 

5.057 

55.131 

54.869 

5.287 

60.241 

; 13.783 

,59.759 

5.495 

65.320 

12.88? 

64.680 

' 5.657 

70.366 

11.764 

69.634 

5.732 

75.381 

10.476 

74.619 

5.634 

80.360 

8.976 

79.640 

5.352 

85.302 

7.271 

84.698 

4.843 

90.225 

5.367 

89.775 

3.939 

95.138 

3.170 

94.862 

2.518 

100.091 

.120 

99.909 

-.120 

U 

L.E. radius: 0.666 percent chord 
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TABIE VI.- SOMMAET OF HIGH MACH HUMEOBR TESTS OF 


NACA 65-SESIES BLOWER BLADES 



^Blade stalled before critical speed was reached* 
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TABLE VI.- SUMMAEY OF HIGH MACH NUMBER TESTS OF 


NACA 65-SERIES BLOWER BLADES - Continued 
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KACA M No . LTDlla 


TABIE VI.- SlMl/OT OF HIGH MACH HUMBER TESTS OF 


KACA 65-SERIES BLOWER BIABES - Concluded 


a 

M 

or 

-j 


Figure ] 

Pressure 

distriBution 

Schlieren 

photographs 

P2/P1 



HACA 65 -(12) 06 "blower Blade 



15. 3° (approx. ) ; 

0, = 25.0° (approx.) 

d 

10.0 


.77 

23 



12.5 

.78 

.84 


44 


15.0 

.76 

.83 

24 

45 

60 

1T.5 

.76 

.82 

... 

46 


22.5 

.66 

.78 





47 

— 

P = 60°; 0 = 1.0; : 

d 

13. 5^ (approx. ) ; 

0^ = 19. 0'^ (approx.) 

9.0 

.76 

.82 

25 

mm mt 


11.5 

.74 

.82 

26 



14.0 

.73 

.80 

27 


61 

16.5 

^.69 

.77 

28 

-- 



KACA 65- ( 18) 10 ■ Llover Llade 


p = a = 1.5; a » 22.5°; 9, = 3*^.3° 

d d 


18.3 

.70 

.75 


48 


20.8 

.69 

.77 


49 


21.5 

.69 

.77 

29 



23.3 

^.71 . i 

.76 ; 


.50 i 

62 

26.5 

a. 62 

.72 ' 

30 . 


— 


®Blade stalled Before critical speed was reached. 
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Fig. 1 


c 

o 


•p 

rO 

•H 

. u 

-p 

cf} m 
•H © 
'd 'd 
I cd 
© i—i 

U 43 
d 
© 


© 

o 

o 


C ®rH 
•H N OJ 
I *H > 

4h O © 
tiO-P-P 
•H O d 

W-E tiO 



to 

u 

> K 

GC 3 

o 5 

!2 o 

IS 

;iS 




o 

o 


■p 

d 

E 

o 

CO 


© 





Fig. 2 


NACA RM No. LTD 11a 





NACA 65 “( 12)10 blower blade 


~Chord~TIne 



NACA 65- ( 12)06 blower blade 


Chord line 




Figure 2 .- NACA 65-series blower blades tested at high 

Mach numbers. 
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NATIONAL ADVISORY 
COMMITTEE FOft AERONAUTICS 


Plgtipe 5*- Typical vector diagram of flow 
through a compressor rotor* 
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Q Lower surface 
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M = 0.77 M = 0.81+ 

NATIONAL ADVISORY 
COMMITTEE FOR AERONAUTICS 

Flf^ure 4 Section +->ressure distribution for a 
range of Mach nambers. Cascade of NACA 65-8IO 
blower blades; a - 11.6°; p = 1+5° J = l.S. 
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Fig. 5 
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0 50 100 
Percent chord 
M = 0.83 



0 50 100 
Percent chord 


M = 0.87 


Figure 5 «- Section pressure distributions for a 
range of Mach numbers. Cascade of NACA 65-8IO 
blower blades; a = 10,0®; p = 60®; <r = 1,5. 
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G Upper surface 
□ Lower surface 



Percent chord 

M = 0,79 


Figure •6 .- Section pressure distributions for a -range 

of Mach- numbers. Cascade of NACA 65-8IO blower blades; 
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Fig. 7 
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0 50 IOOtt 

Percent chord 



0 50 100 

Percent chord 


M = 0*81 


M = 0.83 


Figure 7*- Section pressure distributions for. a range of 
Mach numbers* Cascade of NACA 65*3 10 blower blades; 
a = 6,7<>| P = 60O; cr= 1.0. 
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Percent chord 

M = 0.81 



Percent chord 
M = 0.90 


Figure 8«- Section pressure distributions for a range of 
Mach numbers. Cascade of NACA 65-OIO blower blades; 
a = 10#3°; p = 60°; cr = 1.0. 
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Fig. 9 
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NATIONAL ADVISORY 
COMMITTEE FOR AERONAUTICS 



Figure 9 *» Section pressure distributions for a range of 
Mach numbers. Cascade of NACA 69-8IO blower blades; 
a = 12.6°; P = 60°; <r = 1*0* 







NACA RM No. LTD 11a 


H 



50 

Percent chord 

M c 0.35 



o Upper surface 
0 Lower surface 


50 

Percent chord 

H = 045 


pjiS 

I 



50 100 

Percent chord 
M = 0.57 



50. 

Percent chord 
M * 0.70 


0 

\ 

\ 

**cr 




50 

Percent chord 

M = 0.67 


NATIONAL ADVISORY 
COMMITTEE FOfl AERONAUTICS 



50 

Percent chord 

M = O.7U 


Figure 10 «- Section pressure distributions for a 
range of Mach numbers. Cascade of NACA 65-806 
blower, blades; a = 5 * 3 °; P = U 5 °J 
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Fig. 11 
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0 50 100 
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M = 0*76 



M = 0.82 



O Upper surface 
o Lower surface 


Percent chord 

M = 0.83 NATIONAL ADVISORY 

COMMITTEE FOR AERONAUTICS^ 

Figure 11.- Section pressure distributions for a 
. range of Mach numbers. . pascade of NACA 65-8O6 
blower blades; a = 9.5°; p = J+5®; o' = 1.3. 
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NATIONAL ADVISORY 
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Figure 12.- Section pressure distributions for a 
range of Mach numbers. Cascade of NACA 65“806 
blower blades; a = 15*5®; P = 45®; O’ = 1*5* 
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Fig.rS 



0 50 100 

Percent chord 



Percent chord 


M = 0.48 


M = 0.68 


o Upper surface 
B Lower surface 




0 50 100 

Percent chord 


M = 0.74 


M = 0.80 


NATIONAL ADVISORY 
COMMITTEE FOR AERONAUTICS 
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0 50 ' 100 
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' M = 0.90 


Figure 15.- Section pressure distributions for a 
range of Mach numbers. Cascade of NACA 65-8O6 
blower blades; a = 7*5°; P = 60®; a = 1.0. 








Fig. 14 
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Figure' li+.- Section pressure dlstrlhutlons for a 
range of Mach numbers* Cascade of NACA 65r806 
blower blades; a = 10®; p = 60®; <T - 1.0. 
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Fig. 15 
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NATIONAL ADVISORY 
COMMITTEE FOfi AERONAUTICS . 



Figure 15*- Section pressure distributions for a range 

of Uach numbers. Cascade of NACA 6S-806 blower blades: 
a = 12.5®; P = 60°; O' = 1.0. 









Fig. 16 NACA RM No. 
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O Upper surface 
□ Lower surface 


Percent chord 

M = 0.79 


Figure 16.- Section pressure distributions for a range 
of Mach numbers. Cascade of NACA 65 “( 12)10 blower 
blades; a = 14-9®; P = 49 ^J 


LTDlla 
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50 

Percent chord 
M = 0.76 



0 50 1 

Percent chord 
M = 0.79 


Figure 17#* Section pressure distributions for a range 
of Mach numbers. Cascade of NACA 6S-(12)10 blower 
blades; a = 18.9°; P = 45°; <r = I.5. 
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M = 0.58 


O upper surface M = 0*66 

□ Lower surface 



0 ^ 50 100 
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M = 0.74 



0 50 100 
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M = 0.77 



Figure iB.- Section pressure distributions for a range of 
Mach numbers. Cascade of NACA 65“(12)10 blower blades; 
a = li^. 2 °; p = 60®; O’ = 1.5. NATIONAL ADVISORY 

COMMITTU FOfi AERONAUTICS 
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Q Lower surface 
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M = 0.73 M = 0.80 

Figure 19.- Section pressure distributions for a range 
of Mach numbers^ Cascade of NACA 65- ( 12 ) 10 blower 
blades; a = 19*2°; p = 60°; <7 = 1.5. 

. j NATIONAL ADVISORY 

COMMITTEE F08 AERONAUTICS 
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Figure 20*» Section pressure distributions for a range 
of Mach numbers. Cascade ef NACA 65 - (12)10 blower 
blades; a = 90 ; p « 6 OO; = 1 . 0 . 
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Fig.. 21 
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Figure 21*« Section pressure distributions for a range of 
Maoh nunbers. Cascade of NACA 65- (12)10 blower blades; 
a = llo5®; P = 60O; d-B l.O, 
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Figure 22. • Section pressure distributions for a range of 
Mach numbers;' Cascade'of NACA 65-(12)10 blower blades; 
a = p.= -60Q; (r=1.0... 
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Fig. 23 
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Figure ‘23#* Sectlon pressure dlatrltoutlbns for a range of 
Mach nunhers* Cascade of NACA 63*(12)06 blower blades; 
a = 10 «j p = I 150 ; or= 1.5. 
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Flgare 2l4-.- Section pressure distributions for a range of 
Hash numbers.. Cascade of NACA 65-(12)06 blower blades; 

• = 15®I P = O' “ 
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Fig. 25 
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Figure 25#- Section pressure distributions for a range of 
Maob numbers. Cascade of NACA 65-(12)06 blower blades; 
a * 9®| p w 60°; cr = l*0o 
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Figura 26 * • Section praasura diatrlbutlons for a range of 
' Maoh numbers. Cascade of NACA 65-(12)06 blower blades; 
a * 11#5®5 P - 60 ®; o'* 1*0# 
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Fig. 27 
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Figure 27. • Section pressure distributions for a range of 
Mach numbers. Cascade of NACA 65“(12)06 blower blades; 
a = 14® j P = 60®; d = 1*0* 
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Figure 28 *« Section pressure distributions for a range of 
Mach Bumbers* Cascade of NACA 69 *( 12)06 blower blades; 
a = 16*5®J P = 60°j O' = 1#0* 
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Figure 29* • Section pressure distributions for a range of 
Mach numbers. Cascade of NACA 65- (18) 10 ' blower blades 
a = 21.50; p = 1*50? <r = 1.5, 
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M • 6o70 M = 0.75 

Figure 50»» Section pressure distributions for a range of 
Mach numbers. Cascade of NACA 65*(l8)10 blower blades; 

a = 26.50; p = U50; 1«5* 
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Fig. 31 




M = 0.85 (?) 

Figure 31.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-810 
blower blades: a - 10.6: ^ ~ 45®; cr - 1*5. 

KATIOHAL AD?ISORT rOMMITTfl FOR AERONAUTICS 
LAN6LBT MEMORIAL AERONAUTICAL LABORATORY - LANCLET FIELD, VA. 
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Fig. 32 



M = 0.89 

Figure 32.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-810 
blower blades; a - 12.5°; - 45°; cr = 1.5. 


KATtONlL ADVI80RT COMMITTCK FO* AMONAUTICS 
LANCLET MBMOEtAL AERONAUTICAL L ABO RATO RT . LANGLET FIELD, FA. 
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Fig. 33 



M = 0.90 


Figure 33.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-810 
blower blades; a = 15.6°; = 45°; a - 1.5. 
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Fig. 34 



M = 0.88 M = 0.91 


Figure 34.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-810 
blower blades; a = 20.6°; /S = 45°; cr = 1.5. 


HATIomL ADVIMRT COMMITTRK for AtROHAOTICS 
LARCLtT MKIIORIAL AIRORAOTICAL LABORATORT- LANOLRT FIRLD. VA. 
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Fig. 35 



Figure 35.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-810 
blower blades; a = 10.5°; /S = 60°; cr = 1.0. 


KATIONIL ADVISORY COMMITTRt FOR ARROHACTICS 
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Fig. 36 



M = 0.78 


Figure 36.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-810 
blower blades; a = 15.5°; yS = 60°; cr = 1.0. 


HATIORAL advisory COMVITTH FOR AIRORADTICS 
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Fig. 37 




I M = 0.96 

Figure 37.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-806 
blower blades; a = 11.5°; yS = 45°; or = 1.5. 
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Fig. 38 



M = 0. 93 M r 0. 95 

Figure 38.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-806 
blower blades; a = 16.5°; ^ ~ 45°; cr = 1.5. 
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Fig. 39 



Figure 39.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-0 l^ 1O 
blower blades; a = 12.0°; P ~ 45°; cr = 1.5. 
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. Fig. 40 




M = 0.87 ( ? ) 


Figure 40.- Schlieren photographs for a range 
of Mach number. Cascade of NACA' 65- ( 12 ) 10 
blower blades; a = 14.5°; /B = 45°; cr = 1.5. 
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M = 0.90 

Figure 41.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-(12)10 
blower blades: a - 17.0°: P ~ 45°: cr = 1.5. 

RATIONAL ADVISORY CORNITTKI FOR ASRONAOTICS 
LANGLEY MEMORIAL ABMRAUTICAL LABORATORY - LANGLEY FIELD, VA. 






Figure 42.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-(12)10 
blower blades; a = 22.0^; /3 = 45^; cr = 1.5. 
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Fig. 43 



Figure 43.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-(12)10 
blower blades; a = 15.2°; = 60°; cr = 1.5. 

HATIOMAL ADVISORY COMMITTH TOR AIMNAUTICS 
tAN(H.RT HIMORIAL AtRONAOTICAL LABORATORY - LAROLIY FIBLD, VA. 
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Fig. 44 




Figure 44.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-( 12)06 
blower blades; a = 12.5°; P - 45°; cr = 1.5. 

NiTIONAL ADVIWRT COKNITTIK FOR AtROMAUTICS 
LARGLRT MRMORIAL AIROMAUTICAL LABORATORY . LAHGLBT FIELD, VA. 
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Fig. 45 




M = 0.94 

Figure 45.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-( 12)06 
blower blades; a = 15.0°; = 45°; cr = 1.5. 


NATIOIIAL ADVI80RT rOMMITTEE FOR AERONAUTICS 
LAHGLBT MEMORIAL AERONAUTICAL LABORATORY - LANOLET FIELD. VA. 



NACA RM No. LTD 11a 


Fig. 46 



Figure 46- - Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-( 12)06 
blower blades; a = 17.5°; = 45°; cr = 1.5. 
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Fig. 47 





Figure 47.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-( 12)06 
blower blades; a = 22.5°; P ~ 45°; or = 1.5. 
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Fig. 48 



M = 0.79 M = 0.81 ( ? ) 

Figure 48.- Schlieren photographs for a range 
of Mach number. Cascade^ of NACA 65-(18)10 
blower blades; a = 18.3; = 45°; o- = 1.5. 

MATIONAL ADVI80IIT CONMITTIB FOR AIRORAUTICS 
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Fig. 49 



Figure 49.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-(18)10 
blower blades; a = 20.8°; /3 = 45®,* cr = 1.5. 
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Fig. 50 




M = 0.84 

Figure 50.- Schlieren photographs for a range 
of Mach number. Cascade of NACA 65-( 18)10 
blower blades; a = 23.3®; /3 = 45®; o- = 1.5. 
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Fig. 51 
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Figure 51 •- Variation of turning angle with Mach number 
for two NACA blower blades* 


Theoretical curve for 
constant turning angle 
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Figure 52.- Variation of static-pressure ratio across cascade 
with Mach number* NACA 65 - 8 IO blower blades; a = 11.6®; 
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Fig. 55 
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Fig. 56 
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PlgTire 57 * • Variation of static-pressure ratio across 

cascade with Mach number* NACA 65 -(12)10 blower blades 





Theoretical curve for 
constant turning angle 


NACA RM No. LTD 11a 



CM 

iH 


CO 

O 


€ 


o 

o 


d/^d '0-fq.BJ 9JnBS9J:d-0f^i3:^S 


Figure 58«" Variation of static-pressure ratio across 

cascade with Mach number. NACA 65-(12)10 blower blades; 
a = li 4 -. 20 ; p = 60 <>; <T= 1.5. 
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Fig. 63 



Figure 65*“ Variation of ^cr angle 

of attack. Cascade of NACA 65-8IO blower blades; 
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Fig. 65 
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Fig. 66 
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Fig. 68 
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Pigvire 68»- Variation of and Mqj, with angle 

of attack. Cascade of NACA 65-(12)06 blower 
blades; p = 60 ®; <T = 1*0« 
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Fig. 69 
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Fig. 70b 



Design turning angle, ©d, deg 
(b) Solidity of 1.5. 





